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Abstract

The performance of an ideal, air breathing Pulse
Detonation Engine is described in a manner that is
useful for application studies (e.g. as a stand-alone,
propulsion system, in combined cycles, or in hybrid
turbomachinery cycles). It is shown that the Pulse
Detonation Engine may be characterized by an averaged
total pressure ratio, which is a unique function of the
inlet temperature, the fraction of the inlet flow
containing a reacting mixture, and the stoichiometry of
the mixture. The inlet temperature and stoichiometry
(equivalence ratio) may in turn be combined to form a
non-dimensional heat addition parameter. For each
value of this parameter, the average total enthalpy ratio
and total pressure ratio across the device are functions
of only the reactant fill fraction. Performance over the
entire operating envelope can thus be presented on a
single plot of total pressure ratio versus total enthalpy
ratio for families of the heat addition parameter. Total
pressure ratios are derived from thrust calculations
obtained from an experimentally validated, reactive
Euler code capable of computing complete Pulse
Detonation Engine limit cycles. Results are presented
which demonstrate the utility of the described method
for assessing performance of the Pulse Detonation
Engine in several potential applications. Limitations and
assumptions of the analysis are discussed. Details of the
particular detonative cycle used for the computations
are described.

Introduction
Pulse Detonation Engines (PDE’s) are receiving much
attention as a potential means for propulsion or as part
of a propulsion system for future aerospace vehicles.
One reason for this seems to be the promise of high
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efficiency due to the fact that PDE cycles operate with
near-constant volume combustion. Furthermore, it is
often argued that PDE’s have fewer parts and are much
less mechanically complex than other thrust producing
systems (e.g., gas turbines). This, in turn makes them
considerably less expensive. As yet however, there is
very little experimental performance information in the
literature to support the claims. What does exist has
often been obtained from experiments that are not
optimized for performance, or that are not self
aspirating (i.e., air is forced through the inlet).'
Performance predictions based on such experimental
results are not necessarily realistic. The analytical work
is often greatly simplified and, as a result, somewhat
optimistic.>® Furthermore, the analytical work tends to
consider the PDE primarily as a stand-alone device,
whereas many potential applications are envisioned in
which it is a component in the propulsion system.
Analysis of such systems requires a performance
description of the PDE that can be combined with the
additional components in a straightforward manner.
Even in stand-alone applications, the PDE is typically
seen as coupled to a nozzle (and an inlet), which is
thermally limited. Analyses that neglect thermal limits
and simply calculate say, specific thrust and impulse for
a stoichiometric fuel/air mixture, are not realistic.

This paper introduces a method for describing the
performance of a PDE cycle that can be readily applied
to different propulsion systems. The method utilizes
data from an experimentally validated, quasi-one-
dimensional, time-accurate, reactive, CFD Euler
solver*™ to provide results that are idealized due to the
assumptions of the code, but realistic in that they
capture the complex gas dynamics of the cycle.”
Furthermore, the use of a CFD code allows
straightforward ~ examination of many cycle
modifications that can affect performance. For example,
both partial filling and the addition of a nozzle at the

“Validation results from the code may be found in Appendix 1 of this paper.
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exhaust end of the PDE tube will be discussed in this
paper. Additionally, a code can readily account for the
fact that not all particles passing through a PDE
necessarily go through the same thermodynamic cycle.
A performance map is obtained from integrated
quantities computed by the code. These are then mass
or time-averaged to provide steady-state results. It will
be shown that the PDE performance may be represented
as a total pressure ratio that is a unique function of the
total enthalpy ratio and a non-dimensional heat addition
parameter.

The results presented herein are primarily for self-
aspirated PDE cycles with constant cross section tubes,
and with matched inlet total and exhaust static
pressures; however, the method is not limited to this
configuration. Similar maps can be generated for
differing geometries and boundary conditions.

In the following sections, the method will be described
and the utility of the resulting performance map will be
demonstrated through the presentation of several
simplified PDE system studies. The performance map
description will be preceded by a listing of the
assumptions and simplifications, a description of the
particular PDE cycle under consideration, and a brief
description of the Euler code with which performance
data is generated. It is assumed that the reader is
familiar with PDE cycles and numerical methods for
computing them.

Assumptions and Simplifications
The assumptions and simplifications used in the code
and analysis are listed below.

The PDE flow is quasi-one-dimensional, inviscid and

adiabatic.

e The PDE flow contains a combination of only
reactant or product.

e Both reactant and product are calorically perfect
gases with the same properties.

e All reactant (air/fuel combination) entering the PDE
is at the prescribed mixture ratio.

e Valves on the PDE open and close instantaneously
with no losses.

e Detonation occurs nearly instantaneously once
reaction commences and is assured regardless of the
mixture composition.

e The exhaust static pressure is identical to the inlet

total pressure. Preliminary numerical simulations

have shown that this boundary condition yields the
highest performance.

2

Code Description
The numerical code used to generate data has been

described in detail elsewhere in the literature.”® As
such, only a brief description will be provided here, and
only those aspects of the code relevant to the current
investigation are presented.

Governing Equations

Under the assumptions listed above, the governing
differential equations for the PDE tube may be written
in non-dimensional form as

ow OJF(W) =,_
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The distance, x has been normalized by the combustor
length, L. The time, ¢ has been normalized by the
characteristic wave transit time, L/a ', where a" is the
speed of sound at a chosen reference state. The
pressure, p and density, p have been normalized by their
respective reference values and the axial velocity, u has
been normalized by a”. The mass fraction of reactant is
z and has a value between O and 1. Note that z can be
related to, but is not the same as, actual fuel fraction.
The ratio of specific heats is denoted by 7. For all of the
results to be shown, the reference states are the inlet
total conditions. The cross sectional area is A. The non-
dimensional heat of reaction qq is defined as:

o = Ah
" r, T

where, Ah; is the fuel heat of reaction, a/f is the air to
fuel ratio, R, is the real gas constant, and T is the
reference temperature.

“
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For this non-dimensionalized form of the equations, the
equation of state is written

p=pT (%)
The speed of sound is simply \'T.
The non-dimensional source vector is written as:
0
pda
S(W,x)=| ¥ dx (©6)
0
-RA
The reaction rate, R of Eq. (6) has the form:
1-(T,, /T) T >T,
R — K ign i i ign 7
OPZ{ 0 T < Tign} (7

where Kj is the reaction rate constant (normalized by
the reference wave transit time), and T, is the specified
ignition temperature.

Numerical Integration

Equation (1) is integrated numerically with a second-
order accurate, Lax-Wendroff based scheme, utilizing
Roe’s approximate Riemann solver to obtain flux
estimates at the cell faces. The scheme has excellent
shock capturing capability and has been tested
extensively with detonative calculations. Detonation
properties such as the wave speed, and post-detonation
temperature and pressure are correctly computed.
Because of the TVD properties of the scheme and the
simplicity of the combustion model, it is found that the
peak pressure (the von Neumann spike) is somewhat
under-predicted; however, this is of little consequence
in the work here.

Boundary Conditions

The code has robust characteristic boundary condition
routines such that subsonic, sonic, or supersonic inflow
or outflow can occur at either end of the PDE tube. The
routines contain logic that determines appropriate
boundary conditions based on the current state of the
interior cell and the imposed external pressure. Thus for
example, the common situation in the PDE where the
detonation wave, upon reaching the rear of the tube
gives rise to supersonic, sonic, then subsonic flow is
well behaved in the present code. Additionally, wall-
type conditions can be imposed at arbitrary times so that
the valving process can be simulated. Application of
boundary conditions in general are discussed in Ref. 7.

3

A discussion of issues specific to PDE’s may be found
in Ref. 8.

Cycle Description

All of the cycles computed in this study share some
common features. Each, as mentioned previously, has
the imposed exhaust pressure equal to the inlet total
pressure. This does not necessarily mean that the
computed exit pressure is the same as that imposed. For
sonic and supersonic flows, the exit pressure will be
determined from the interior of the computing domain.
Each of the cycles is a limit cycle. That is, the code has
been run until the developed wave cycle repeats itself
indefinitely, and the integrated flux of mass into the
device over one cycle, matches the integrated flux of
mass out. Unless otherwise stated, each cycle
completely empties and fills the tube once per cycle.
There is no so-called partial filling. Numerical
experiments have shown (and will be presented
subsequently) that there is little thermodynamic
advantage to a partial-fill cycle. The frequency
increases, of course, but the fraction of the cycle that
generates thrust remains approximately the same.
Furthermore, partial filling leads to a situation where a
significant fraction of the tube wall is constantly
exposed to hot combustion gases (it is never washed by
the cool unburned flow), which, although not dealt with
in this paper, may not be practical when heat loads are
considered. Each cycle accomplishes the filling and
emptying process in the least amount of time possible.
Thus, the inlet opens precisely when the internal
pressure in the tube drops below the inlet total pressure,
and closes precisely when the volume required to fill
the tube has entered. Detonation is initiated immediately
after the inlet is closed. The result is a cycle that occurs
at the highest possible frequency. Detonation is initiated
either by rapidly adding heat to the first numerical cell
(via a source term) until Eq. (7) is satisfied, or by
imposing a very brief (i.e. negligible mass and
momentum flux) high pressure, high temperature
boundary condition at the inlet. Either method yields
similar results.

In order to illustrate the features described above, an
example cycle is shown in Fig. 1. This figure shows
contours of non-dimensional pressure, temperature,
Mach number, and Reactant Fraction over the course of
one PDE cycle. Thus, the horizontal dimension
represents distance along the PDE tube. The vertical
dimension represents time. The colors represent the
values of the plotted quantities. Pressure and
temperature are shown on a logarithmic scale in order to
highlight details of the flowfield. Also shown in the
figure, to the left of each contour are the highest and
lowest value of the plotted quantity found in the entire
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Fig. 1 Contours of Log(pressure), Log(temperature), Mach number, and detonable
mixture fraction for one ideal PDE cycle with qy=21.4, at ambient inlet conditions,
and a purge fraction mye,ctant/Meota; Of 0.51. The non-dimensional time spanned is
3.74. The ratio of specific heats, y=1.3.

X/L

x-t space. Black rectangular regions on the left of each
contour show the portion of the cycle over which the
inlet was closed (i.e., a wall was present). The particular
cycle shown is one for which the value of qo=21.4,
representative of a stoichiometric fuel/air ratio,
hydrocarbon fueled PDE flying Mach 1.5 at an altitude
of approximately 30,00 ft. (i.e., inlet total temperature
approximately 600 R, Ah=19,000 BTU/lb,,, a/f=15.5).
The ratio of reactant flow to total flow through the inlet
is 0.49. That is, approximately half of the PDE tube is
filled with a detonable mixture each cycle and the other
half is filled with pure air. The ratio of specific heats
used for the calculation was y=1.3.

The path of the gas can be seen clearly in Fig. 1 by
examining the temperature contour and the reactant
fraction contour. The detonation path is visible in all of
the contours, as is the transmitted shock that results
when the detonation hits the unfueled region. Other
features of note include the rather broad exit Mach
number range over the course of the cycle and the
surprisingly strong left-running shock originating on the
right hand end after flow across the expansion fan has
become subsonic.

For clarification purposes, it is noted that if the cycle
shown in Fig. 1 was a partial fill cycle, the interface
between hot reacted gases and cool unreacted gases (or
pure air) would not extend completely across the tube as
shown in the temperature contour. This results in a
portion of the tube still containing hot gas at the

4

Mach # Fraction

1.702 1.004

—0.165 0.000

X/L X/L

detonative portion of the cycle begins. The process is
shown in Fig. 2 which shows a contour of the
temperature for a partial-fill cycle with qy=28.2. The
ratio of reactant flow to total flow through the inlet is
0.48. The fraction of the tube filled with either reactant
or air is 0.80.

Performance Map Description
Consider the ideal PDE cycle described above with
ambient boundary conditions. The mass averaged total
enthalpy of the exhaust flow may be written as

teyele
J.(Hpu)dt
Ho=—— ®
j (pu)dt
0
2

where H =h +u71s the total enthalpy, and t.y. is the

(non-dimensional) time period of one cycle. The inlet
total enthalpy is assumed known.

Integration of the mass energy, and species portion of
Eq. (1) over one cycle, along with the stipulation that
the cycle is a limit cycle will show that the ratio of mass
averaged total exhaust enthalpy to inlet total enthalpy,
HR, may be written as

Ih'ir
- =1+qo(v—1)(l—.—“]
m

|

(€))

s
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Fig. 2 Contour of Log(temperature) for one ideal
partial-fill PDE cycle with q¢=28.2, at ambient
inlet conditions, and a purge fraction myectany/Myotar
of 0.51. The non-dimensional time spanned is 3.27.
The ratio of specific heats, y=1.3. The fraction of
the tube filled is 0.80.

air

m.

i

where the ratio

, hereafter called the purge fraction

is defined as

Leyele
J‘ (p airu air )dt
_ 0

11

5|51

(10)

Jouude
0

Here, the subscript air refers to the portion of the inlet
flow which is pure air, and the subscript i refers to the
total inlet flow of air or reactant (air/fuel mixture).

Thus, the total enthalpy ratio is a function of the
particular fuel, the ambient enthalpy or temperature, the
stoichiometry and the purge fraction.

The time averaged thrust of a given cycle may be
calculated as:’

— (A
F _ mom, _&[_c) an

p:)i AI’Y tcyc]c ’Y

5

where

12)

Leyele A
mom, = J. (p—e+pequ : }1t
Y A,

The subscript e refers to the exit plane. The subscript i
refers to the inlet. The (dimensional) inlet total pressure
is pp, - Note that the thrust calculated in this manner is

greater than that which would be calculated using a
thrust wall type integration'® such as

ﬁ 1 Leloged

piA :t J.(pwall_pOi)dtJr
0i Y

cycle . ( 1 3)

: J‘J‘(pwall _pm)i_A_dt

cycle i

where the subscript wall refers to the thrust wall of the
PDE and the subscript closed refers to the time period
during which the inlet end of the PDE is closed.

The average exhaust total pressure, p,, for the device is
then defined as the total pressure, at the total enthalpy
defined by Eq. (9) that, when expanded through an ideal
nozzle to the ambient pressure pp, yields the same
thrust as that calculated from Eq. (11). Thus, an average
exit velocity u, may be defined where:

= — Leycle
F A [peu.at (14)
pOiAiy tcycle Ai
This may be combined with Eq. (11) to yield
tcyc]cpoi (Ae )
mom, ———— e
u, = Y ! (15)
mf,
where
Ac Ceyele
mf, = ( A ) Jpcucdt (16)

With u, known, and the average total enthalpy known
from Eq. (9), the average total pressure may be obtained as

i

-1

Poe = Poi 17
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Fig. 3 Average total pressure ratio as a function of
total enthalpy ratio for several families of .

With the simplifications and cycle stipulations
described earlier it can be seen from Eqns (9) and (17)
that the ratio PR=p,, /p,; is uniquely defined by q, and

the purge fraction. Figure 3 shows PR as a function of
the enthalpy ratio (Eq. 9) for several families of the heat
of reaction parameter qo. For each value of q, the
enthalpy ratio was varied by changing the purge
fraction. The largest value of enthalpy ratio for each
curve represents the minimum purge possible with the
code (in order to avoid auto-ignition) of approximately
2%. The minimum enthalpy ratio represents an
arbitrarily chosen maximum purge fraction of
approximately 70%, except for the qy=7.8 case where it
was 50%. All of the calculations were made using a
PDE tube of uniform cross section. The ratio of specific
heats for all calculations was y=1.3. The number of
numerical cells used in all of the calculations to be
shown was 200. It can be seen that for a specified
temperature ratio, the higher the purge fraction, the
better the performance. Also shown in the figure are
results from several cycles computed with constant
qo=28.2, but with fill fractions other than 1 (i.e., partial
fill cycles). The fill fraction is defined as the fraction
(or percentage) of the tube filled with either air or
detonable mixture each cycle. The points with fill
fractions of 90, 77, and 64% were computed using
minimum purge fractions. The point with a fill fraction
of 80% was computed for a purge fraction of 51%. It
can be seen that the partial fill cycles, for the most part,
offer no performance enhancement. The one exception
in the computed data occurs when the fill fraction is
90%. The reason for this appears to be related to the
timing of certain waves in the system. For this particular
cycle a shock wave impinges on the thrust wall at
precisely the moment that the detonation is initiated.
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Fig. 4 Average total pressure ratio as a function of
total enthalpy ratio for several ideal PDE tube
geometries. In each case q¢=21.4, the purge
fraction is a minimum, and y=1.3.

More investigation is needed with regard to such tuning
of the wave system; however, the gains, if any, appear
quite modest.

Figure 3 also shows two cycles computed with constant
qo=28.2, but with reduced exit pressure. The exit
pressures used (relative to the inlet total pressure) were
0.80 and 0.55 as shown in the figure. It is noted that
when calculating total pressures from Eqns. (15) and
(17) the back pressure values were used in place of the
term pg;. It can be seen that reducing the back pressure
reduces overall pressure ratio (and thus performance)
for a given enthalpy ratio. This is the reason, as stated
earlier, that PDE cycles with exit pressure equal to inlet
total pressure were used in the present study.

Preliminary Geometry Variations
Because the performance data for the map of Fig. 3

comes from a Q-1-D code, it is a relatively easy matter
to look at geometric variations in the PDE design. For
example, examination of Fig. 1 reveals that a substantial
portion of the exit flow is sonic or supersonic. This
suggests that the flow cannot fully expand within the
tube, leading to reduced performance. An intuitive
solution may be to provide a ‘nozzle’ section at the exit
end of the PDE that (from a steady state perspective)
would allow full expansion. Figure 4 shows the results
of such an exercise. Computations were performed for
three different geometries, all using minimum purge,
and all with qo=21.4. The geometries are shown in
Fig. 4. All three tubes had uniform cross sectional area
from 0<x/L<0.8. From there to x/L=1.0 they varied
smoothly from A./A;=1.0 to A/A;=0.75, 1.5, and 2.0.
For the geometries examined, there does not appear to
be any performance enhancement. These results appear

American Institute of Aeronautics and Astronautics
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Fig. 5 Comparison of average total pressure ratio
as a function of total enthalpy ratio for PDE and
Brayton cycles. The ratio of specific heats, y=1.3.

consistent with similar computations made in Ref. 11
for a rocket based PDE. They suggest that sonic or
slightly supersonic exit flow is a fundamental attribute
of PDE cycles and that its effects should be included in
any idealized performance estimates. Clearly, a more
thorough examination is needed in order to draw
conclusive results; however, it can be seen that the use
of a CFD-based model for performance evaluation, as
suggested in this paper is flexible, and of great utility.

Application
With the performance of the PDE in the form described

above, analysis for a variety of applications is readily
possible.

Simple Brayton Cycle Comparison

The PDE cycle is often compared with the Brayton
cycle, the latter being representative of conventional
turbomachinery-based propulsion systems. When this
comparison is made however, it is not always clear that
the parameters held in common are meaningful. What,
for example is the equivalent state in a PDE cycle to the
Compressor discharge of a Brayton cycle? Figure 5
shows a comparison in terms that are unambiguous. The
performance of each cycle is plotted as PR versus HR
as in Figs. 3 and 4. For the PDE cycle, all of the
computed data has been plotted along with a simple
curve fit defined by

[+)
PR =HR' "' (18)
This curve-fit further simplifies the computed results by
assuming that, for the most part, varying HR by either
qo or purge fraction yields equivalent results. It is noted

that the form of Eq. (18) has no theoretical basis and

7

has not been tested for other values of . It is intended
purely as a convenient fit for the data at hand.

Also shown in Fig. 5 are the results from a simple
Brayton cycle calculation'? with compressor and turbine
adiabatic efficiencies set to 0.85 and 0.90 respectively.
The Brayton cycle results are shown for families of
T4/T,, which is the ratio of turbine inlet temperature to
compressor inlet temperature. For each family, the
compressor pressure ratio 7, has been varied from 4 to
30, which is representative of modern turbomachinery.
Since cycle efficiency increases monotonically with PR,
it is clear that, within the temperature range of
conventional turbomachinery shown, the Brayton cycle
is more efficient than the PDE cycle as computed in this
paper. To achieve higher temperature ratios, a Brayton
cycle with an afterburning process would be required.
This is discussed in the next example.

PDE With Inlet and Nozzle

As a second example of the application of the
performance methodology, consider a PDE (or series of
PDE tubes) with only an ideal inlet and nozzle fore and
aft. Such a configuration may be envisioned for a high
speed, Mach 0-5 aircraft. Standard thermodynamic
analysis'? and Fig. 3, or more easily, Eq. (18), may be
used to calculate the specific thrust and specific impulse
over the Mach number regime. The results are shown in
Figs 6 and 7. A Mach number dependent static inlet
temperature profile was used for these calculations in
order to account for altitude effects. The assumed
profile was 520 R at static conditions, 400 R for
Mach 2.0 and above, and a linear variation between
these values. The nozzle inlet total temperature was
chosen to be 4200 R. The ratio of specific heats
was 1.3. For Fig. 6 the fuel heating value was
19000 BTU/Ibm.

Also shown in the Figs. 6 and 7 are the performance
results for a ramjet and for afterburning turbojets with
compressor pressure ratios of 30 and 4. For the turbojet
calculations the compressor and turbine adiabatic
efficiencies were again 0.85 and 0.90 respectively. The
combustor and afterburner were assumed loss free
(i.e., constant total pressure). The turbine inlet
temperature was 3000 R. It can be seen that the ideal
PDE performance is fairly consistent over the Mach
number regime and that it is comparable with a non-
ideal, afterburning turbojet having a compressor
pressure ratio of 4.0. For turbojets of a more realistic
pressure ratio, the PDE shows significantly less specific
thrust and specific impulse. For the Ramjet, the
performance advantages of a PDE are clear at Mach
numbers below 3.0. Beyond this, there does not appear

American Institute of Aeronautics and Astronautics
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Fig. 6 Specific thrust as a function of Mach
Number for PDE, Ramjet and Turbojet with
Afterburner. For all systems y=1.3, inlet and nozzle
are ideal, and the nozzle inlet temperature is 4200
R. For the Turbojet, adiabatic compressor and
turbine efficiencies are 0.85 and 0.90 respectively.
The turbine inlet temperature is 3000 R.

to be significant benefit. These PDE performance results
are below what is typically listed in the literature™"
however, because they represent computed results, from a
validated code, it can be argued that they are more
representative of an ‘idealization’ in the sense of being as
good as can be expected.

PDE Afterburner

As a final example of the utility of the above
performance mapping methodology, consider a PDE as
a replacement for a turbojet afterburner. This concept
holds promise since the total pressure rises across a
PDE and falls across a conventional afterburner.
Therefore, a PDE afterburner should yield improved
performance. With Eqn. (18) in hand, the results are
obtained in much the same manner as those for the
turbojet of the previous example. Figures 8 and 9 show
the specific thrust and specific impulse over the same
Mach number regime as Figs. 6 and 7. The same
temperature limits and efficiencies were imposed on the
turbomachinery and nozzle. A compressor pressure
ratio of 30 was used. The PDE afterburner, as expected
shows improvement in terms of increased specific thrust
and impulse over the conventional afterburner. The
benefits; however, are surprisingly modest. The reason
for this is the relatively low enthalpy ratio occurring
across the afterburner (for these calculations it was
between 1.8 and 2.5). This, in turn, leads to a lower
pressure ratio. It is interesting to note that even with the
nozzle temperature restriction removed, the incoming
temperature is relatively high. From Eqn. (4) this yields,
even for stoichiometric mixtures, very low values of qo.
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Fig. 7 Specific Impulse as a function of Mach
Number for PDE, Ramjet and Turbojet with
Afterburner. For all systems y=1.3, inlet and nozzle
are ideal, and the nozzle inlet temperature is 4200
R. For the Turbojet, adiabatic compressor and
turbine efficiencies are 0.85 and 0.90 respectively.
The turbine inlet temperature is 3000 R. The fuel
heating value is 19,000 BTU/Ibm.

Low values of qg in turn lead to low enthalpy and
pressure ratios as shown in Fig. 3.

Discussion
Other PDE applications may be examined in a
straightforward manner using the map of Fig. 3.
Examples would include gas turbine topping cycles,
bypass duct afterburners, even ejector based cycles
(if some assumptions are made regarding the work
transfer process).

Of the applications that have been examined, the
process has been made easier through the use of
Eq. (18); however, it should be kept in mind that for a
given application, not all values of q, (and therefore
enthalpy ratio are possible). This was pointed out in the
afterburning PDE example but may appear elsewhere as
well. For the PDE with inlet and nozzle, the inlet
temperature at Mach 5 is 1900 R. Because of the
4200 R thermal limit placed on the nozzle, the
maximum enthalpy ratio was 2.21. Using a fuel heating
value of 19,000 BTU/Ibm and a stoichiometric air/fuel
ratio of 15.5 however, would lead to a value of qo= 6.8.
Examination of Fig. 3 shows that this heating value
yields an enthalpy ratio in the vicinity of 2.5-3. Thus,
the nozzle temperature restriction need not be in place,
because the enthalpy ratio is already limited.

Similar limitations would apply in a topping cycle
application. For example, a small gas turbine with a
pressure ratio of 8 has a discharge temperature at sea
level of approximately 1000 R. If the maximum turbine
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Fig. 8 Specific thrust as a function of Mach
Number for Turbojet with PDE Afterburner,
Turbojet with conventional Afterburner, and
Ramjet. For all systems y=1.3, inlet and nozzle are
ideal, and the nozzle inlet temperature is 4200 R.
For the Turbojet, adiabatic compressor and
turbine efficiencies are 0.85 and 0.90 respectively.
The turbine inlet temperature is 3000 R.

inlet temperature is 2400 R then the enthalpy ratio is
2.4. This is achievable from Fig. 3 using some purge
and/or a lean mixture. Alternately, the PDE may be
considered as the primary source for an ejector, such
that the PDE operates stoichiometrically with no purge
and mixes with bypass air, the mixture being ultimately
presented to the high-pressure turbine. Using the
heating value and air/fuel ratio from the previous
example however, yields a maximum qo of 12.9. This in
turn implies a maximum primary stream enthalpy ratio
of only 4.8 and a maximum entrainment ratio (bypass
flow divided by PDE flow) of 1.7. The thrust
augmentation for an ejector system with an entrainment
ratio of 1.7 is, from Ref. 14, between an ideal of 1.64
and a data fit of 1.33. Using the average of these two
and Eqns. 11-17 it can be shown that the PDE/ejector
yields a pressure ratio of 1.61 compared to a value of
1.58 for the PDE alone at an enthalpy ratio of 2.4. Thus,
in this case the ejector system would offer no
thermodynamic advantage over the PDE alone because
of the limited qp.

Other limits may be placed on the map of Fig. 3. It was
noted that mixture detonability was not considered in
the CFD model, yet detonability limits clearly exist. A
number of fuels may be limited to mixtures near
stoichiometric values. Material temperature limits will
also limit the range of enthalpy ratios. For cycles with a
purge fraction of zero, it can be expected that the peak
uncooled wall temperature is approximately 90% of the
mass averaged exhaust temperature.
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Fig. 9 Specific Impulse as a function of Mach
Number for Turbojet with PDE Afterburner,
Turbojet with conventional Afterburner, and
Ramjet. For all systems y=1.3, inlet and nozzle are
ideal, and the nozzle inlet temperature is 4200 R.
For the Turbojet, adiabatic compressor and
turbine efficiencies are 0.85 and 0.90 respectively.
The turbine inlet temperature is 3000 R. The fuel
heating value is 19,000 BTU/Ibm.

In closing this section of the paper, it is noted that
during the course of developing the map, the
performance impact of several aspects of the PDE cycle
(purge, partial-fill, geometry, back pressure) have been,
to a greater or lesser extent, examined. All of these
aspects however, have been in the context of a
particular gasdynamic cycle. It should be kept in mind
that other cycles, such as PDE cycles with valves at the
back (or low-loss variable back-pressure systems) may
provide much different, and superior performance to the
one presented.

Conclusions

It has been demonstrated in this paper that idealized air-
breathing PDE performance can be mapped onto a
single plot of total pressure ratio versus total enthalpy
ratio. It has further been shown that this format is useful
in system studies since the PDE can be viewed as
simply another ‘component’ with straightforward input
and output. The idealized PDE performance data was
obtained from a quasi-one-dimensional CFD code and it
has been shown that this is a more realistic approach
than purely analytical methods. The performance shown
is generally below that which has been previously
reported for so-called ‘idealized’ PDE performance but
is still idealistic in that the losses captured are only
those endemic to the cycle. A similar map could easily
be generated which incorporates losses such as those
due to heat transfer, viscous effects and valving.
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Appendix 1: Code Validation

The following two figures compare data from the code
used in this paper to that from a direct-connect,
Hydrogen/Air PDE experiment currently operating at
the Air Force Research Laboratory in Dayton, Ohio.'
Although not described in this paper, the code contains
sub-models to account for the effects of fluid viscosity,
heat transfer, and valving. Those sub-models were
employed in following comparison unless otherwise
noted. Descriptions of the sub-models may be found in
the literature.*’

A molecular weight of M =21 Ibm/lbmole was used for
all computations (except those for rich mixtures). The
ratio of specific heats was y=1.3. The heating value of
the fuel was assumed to be 51,571 BTU/Ibm. Ambient
pressure was 14.7 psia. Inlet temperature was
approximately 520 R. The number of numerical cells
used in the computation was 200.

Figure A1 shows the measured and computed thrust and
specific impulse, I, as a function of equivalence ratio, ¢
for a 16 hz. cycle in which 100 % of the tube is filled
with detonable mixture and 50% of the tube is filled
with purge air each cycle (i.e., the purge air simply
passes through the tube without any interaction with the
detonation). Open symbols represent measured results.
Solid symbols represent computed results. The
agreement is fairly good. The largest disparity is
between ¢=0.8 and 1.0. For comparison, the code was
also run at two different equivalence ratios (1.0 and 0.5)
with heat transfer and viscous sub-models ‘turned off’.
This data is shown as gray solid symbols. It is clear that
the effect is quite substantial.

Figure A2 shows the measured and computed thrust and
I, as a function of the fill fraction for a 16 hz. cycle
running a stoichiometric mixture, with 50% purge air.
Again, the agreement is quite reasonable.
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Fig. A1 Measured and computed thrust and I, as a
function of equivalence ratio for a at 100 % fill;
50% purge; 16 hz. cycle (of one of the four tubes).
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Fig. A2 Measured and computed thrust and I, as a
function of Fill Fraction; 50% purge; 16 hz. cycle;
¢=1.0 (one of the four tubes).
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